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Measurements  of  pressure  were  made  over  the  chord of a swept-wing 
model  st four stations along the span (2, 6, 50, and 82 percent semi- 
s&n) by  the  HACA  wing-flow  method. The  model tested w-as an mtapered 
450 streptback wing of aspect  ratio 3.5 with 2-inch-chord  NACA 65-210 
airfoil  sectione normal to the leaaing  edge. The  teets  were  conducted 
at Mach numbere  from about 0.7 to 1.1 at angles of atta k from -lo t o  bo. 
The Reynolds  number  of  the  tests was nominally 0.6 X 10 z based on the 
wing  chord in the  stream  direction. The results  are  presented to show 
the  chordwise  pressure  distributions  and  the  spanwise  distributions of 
section lift, drag,  and  pitching  moment. 

Little  change in the  spanwise lift distribution was found to occur 
between  Mach  numbers of 0.7 ana 1.1. The apanwiee  center of pressure 
was between 45 and 50 percent semispan. The section  pressure-drag 
coefficient was found  to  be a max3mum at  the w i n g  root and to decrease 
along  the span at a l l  Mach  numbers. At a Mach  number  of 0 . 9  the  exper- 
imental  and  theoretical  section  pressure-drag  coefficients  showed 
similar  variatione  along  the span and  were  roughly of the  same  magnitude. 
At a Mach  number of 1.05 agreement  between  the  experimental and the 
theoretical  section  pressure-drag  coefficients was obtained only near 
the w i n g  root;  at  the  more  outboard  stations  the  experimental  drag 
coefficients  were  higher than the  theoretical.  Comparison of the  data 
from this  investigation  with  previously  published  wing-flow  force-test 
measurements  showed  good  agreement  for  the  slopes of the  wing lift and 
pitching-moment  curves and the  zero-lift wing drag  coefficient at all 
test  Mach  numbers. 
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The study  of  the  aerodynamic  characteristics  of  sweptback  wings 
in  the  transonic  speed  range  has  already  received  considerable  atten- 
tion. The studies  to  date,  however,  have  been  concerned  primarily 
with  the  over-all  characteristics  obtained from force  tests.  Very  little 
detsiled  information  is  yet  available  on  the  pressure  distribution  over 
swept wings or  the  spanwise  lift  and drag distributions  through the 
speed of sound.  Pressure  distributions  measured on swept wings at high 
subsonic  speeds  are  reported,  for  example, in reference 1. References 2 
and 3 report  the  pressure  distribution  over  sweptback wings at  supersonic 
spe  ed . 

In order  to  provide  more  detailed  information on the  flow  about 
swept wings at  transonic  speeds, a program  of  pressure  measurements 
has  been  conducted  by  the NACA wing-folow  method. The model  used in 
the  investigation was an untapered 45 sweptback wing of 3.5 aspect 
ratio,  with mACA 65-210 airfoil  sections normal to the  lead-  edge. 
Pressures  have  been  measired  at  four  spanwise  stations st Mach  numbers 

' between 0.7 and 1.1 at a Reynolde  number of about 0.6 X 106 based on 
. ' the  chord  in  the  stream  direction. The pressure  data  are  presented i n .  

terms of the  section  and  over-all w i n g  characteristics  and  have  been 
compared  with  force-test and theoretical  results  where  possible. 

. 

win@; span 

-,chord  in  stream  direction 

wing  pitching-moment  coefficient about an axis  through  the 
center  of  area of semispan plan form (M/qcS) 
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Cm section  pitching-moinent  coefficient  about an xis through  the 
r center of area of semispas plan form (m/qcq 

D wing preseure  drag 

a section  pressure  drag 

L wing lift 

2 section lift 

M Mach  number; wing pitching  moment  about an axle through  the 

%T 

center of area of semispan plan form 

average  stream Mach number over region occqied & &el 

MZ local  stream  Mach  number st position of orifices 

MR Mach  number  at  the w i n g  root 

m section  pitchfng  moment  about an axis through the center of 
I 

area of semispan plan form 

P preeeure  coefficient - ?. ,4 
P local static  pressure 

Q free-stream W i c  pressure  (at  model  position) 

R Reynolds nmber tg) 
S wing plan area 

v free-stream  speed  (at model position) 

X longitudinal  distance along wing chord 

Y lateral  distance  along ~emiapan 

U angle of attack 
a 

aO angle of attack  for  zero  lift 
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P 

CL 

sweep angle,  degrees 

mass density of a i r  

coefficient of viscosity of a i r  

4 

d into  the high-speed 
a i r  stream  over a specially  faired ammunition  compartment cover on the 
w i n g  of an F-51 airplane, BE shown in figure 2. The curvature of t h i s  . 
cover plate was selected t o  give-mall  horizontal  velocity  gradients  at 
the model position up t o  t e s t  Mach numbers of about '1.05. Typical 
distributions of Mach  number on the  surface of' the cover plate in the 
region of the model and typical   tes t  Reynold6  numbers are given i n  
figure 3. The  Mach  number gradient normal t o  the  airplane wing surface 
,has been found ta be about -0.007 per  inch. 

A sketch of the 450 sweptback semispan wing  model  mounted on the 
airplane w i n g  is  given in  figure 4. The span of the model was 5 lnches, 
measured from the airplane w i n g  surface, and the chord in  the stream - 
direction was 2.83 inches. The corresponding aspect  ratio was 3.5. 
The. a i r foi l   sect ions were of NACA 65-210 profile in planes  perpendicular 
t o  the leadlng edge. The w h g  t i p  was cut  off  parallel t o  the stream 
direction and  rounded slightly. 

A circular end plate ( f igs .  2 and 4) with a diameter 1/2 inch 
. greater tihan the etreamwise chord of the model was provided  near the 

w i n g  root t o  minimize the  effect of t h e   a m l a n e  wing boundary layer 
on the flow  over the model.  The s lot   cut  i n  the airplane wing surface 
t o  accommodate the model was sealed t o  prevent leakage. 

The pressure  distributions  reported  herein were  Obt8ined i n  planes 
parallel  t o  the stream direction kt distances of 0.35, 2.50, and 
4.10 inches above the  airplane w i n g  surface  (fig. 4). A t  each or i f ice  
Tlane, 16 or i f ices  were provided on the upper surface and 15 on the h e r  
eurface, spaced from 3 t o  90 percent chord as  indicated i n  figure 4. 

The description of the  position of the  orifice  planes in  terms of 
the model semispan is compl-icated by the fact   that  two series of meas- 
urements  were made; one w i t h  the upper surface of the end plate. 0.06'hch 
above the a m l a n e  wfng and the  other  with  the end plate  0.25 inch above. 
The positions of the two outboard or i f ice  planes have  been  measured from 
the  airplane wing surface  while  the  position of the inboard or i f ice  
plane  has been  measured from the  surface of the end plate. A l l  . 

I .  
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distances  were  expressed as fractions of the 5-inch semispan. On this 
basis,  then,  pressure  distributions  have  been  determined  at 2, 6 ,  3, 
and 82 percent of the  model semispan. This  procedure  is  felt  to be just- 
ified  by  the  fact  that  the  pressures  at  the  two  ou%board  orifice  planes 
were  unaffected by  the  change in end-plate  height. The variation  of 
pressure  observed  at  the  inboard  orifice  plane with enbplate poaition 
is  interpreted  as  equivalent  to  the,variation  of  pressure with spanwise 
position  near  the  root of a w b g  with fixed  end.plate. 

The test  Mach  numbers  were  determined  from an average  of  the indi- 
cations of two static-pressure  tubes  located 8 inches  inboard  and  out- 
board of the  model  at  the  height of the  particular  spanwise  station 
undergoing  test,  Each  static-pressure  tube  was  provided with two  sets 
of static-pressure  orifices  which  were  set to bracket  the  airfoil  chord 
at  each  station. 

The tests  consisted of a series of divea  during  each of which  the 
Mach number  was'held  constant  for  about 12 seconds  while  the  model 
angle of attack " i s  varied. The range  of  Mach  number  from 0.7 to 1. I 
was  covered in this  manner in eight  steps. At each  etep,  continuous 
recFrds  were taken on standard NACA recording  instruments  of  the  model 
pressures  and angle of attack,  angle of f low at  the  reference  vane, 
test  section  static  pressure,  airplane  impact  pressure,  and  atmospheric 
pressure  and,temperature. The model  angle of attack  was  varled  contin- 
uously between  the limits -lo and bo by a motor-driven  cam  at 8. rate of 
about lo per  second. 

I 

REE'RODUCIBIIZCY OF DATA 

The method  used in transferring  pressures  from  the  orifices  to  the 
recording  equipment  limited  the  number of pressures  which'could be 
recorded  simultaneous^ to 14. Because  of  this  limitation,  pressures 
were  measured  at  alternate  orifices on each  surface of, the  model wing, 
SO that two flights  were  required  to  complete a series of measurements 
at any given  spanwise  position. A t  Mach numbers  below  about 0.9 the 
data  obtained  during  successive flights were in good agreement  at all 
spanwise  pos&tions. At Mach  numbers  above 0.9, however,  considerable 
scatter of the  data wee noted,  particularly  at  the  82-percent-semispan 
position.  Ffgure 5 has  been  prepared to show the  magnitude  of  the 

' scatter of the pressure  data  for  the  conditions  most  critical  from  the 
standpoint  of  repeatability. The individual  chordwise pressme points 

, are shown for  several  flights  at  each  measurfng  station  for Mach numbers 
between 0.9 and 1.1. 

There has also been  some  evidence of 821 inaccuracy in the  determi- 
nation of the  absolute  magnitude  of  the  angle of attack. Results to be 

t 



introduced in the  section  "Comparison  with  Force  Tests"  show  that  the 
section  angle of zero  lift  varied in an apparently  random  manner  along 
the span by  as  much as fO. 9. This  variation  in  the  angle of zero  lift 
is  felt to be  indicative  of the general  level of accuracy of the angle- 
of-attack  measurement.  Such  errors in angle of  attack may have  been 
introduced by m u a l l  errore  arising in the.positioning of the  model on 
the  wing-flow  test  panel from flight to flight. The scatter  of  the 
pressure  data shown in  figure 5 may have  resulted,  at  least in part, 
from such errore in the angle of attack. It  is  emphasized,  however,  that 
the  inaccuracy Fn the  angle of attack  is  Pestricted to an error in abso- 
lute  magnitude; chageB in angle of attack  measured on any one  flight  are 
considered  to be accurate. 

FtESUyTS AND DISCUSSION 

Pressure  Distributions 

From  faired  curves of the  pressure at each  orifice  as a function 
of Mach  number  and  angle. of attack  for  each of the  spanwise  positions 
investigated (2, 6, 50, and 82 percent  semispan),  points  were  taken 
off at  angles of' -lo, Oo, 2O, and bo and  at  Mach  numbers  of 0.70, 0.80, 
0.9, 0.93, 1-00, 1.05, and 1.10. The pressure  distributions so obtained 
are shown in figures 6(a). to 6(g) b The pressure  dietributians in 
figure 6 are  grouped fo r  equal  values of  the  local  Mach  number  a%  the 
different  spanwise  positions  and do not  correspond  to a given  inatant Of 
t'ime. If, for  example,  the  Mach  number at 2 percent  semispan  was 0.70, 
the  Mach  number  at & percent semispan would  be  dbout 0.67 at  the same 
instant  because of' the  decrease  in  Mach  number  with  distance  above  the 
airplane  wing  surface. The meaeurement of pressure  at  the  6-percent- 
semispan  position was obtained  from  the single teat  in  which  the  end 
plate was lowered to 1/16 inch  above  the  wing-flow  cover  plate.  The 
pressure  dietributione.  at  the  2-percent-semispan and 6-percent-semispan 
positions may be  affected  acmewhat by the  boundary  layer  from  the air-  
plane w i n g  and by  disturbances  arising from the flow about €he end  plate. 

A few  of  the  salient featmes of the f l o w  about  Bweptback wings can 
be  seen  immediately  from  the  pressure  distributions in figure 6 without 
resort  to  the  integrated  values  of l i f t ,  drag, and  moment  coefficient. 
It is' 6een t h t  at the root  the  leading-edge  negative-pressure  peaks are 
very small &E compared  with  those  observed on straight wings. However, 
pressure  peak8  near  the  leading  edge  develop  rapidly  with  increasing 
spanwise  position: As the Mach number  is  increased  from 0.70 $0 1.10, 
it is seen  that  the  leading-edge  preesure  peaks  progressively  disappear 
at  the  more  outboard  stations. 

. 
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Concomitant  with the variation of the leading-edge  peak  pressure, 
the  entire  region  of  negative  pressure on both  the  upper and lower  sur- 
faces of the  airfoil  shifts  forward  with  increasing  spanwise  position 
and shifts rearward  with  increasing  Mach  number.  These  chasges in ahape 
of  the  pressure  distributions  reflect  imgortant  variations of the  sec- 
tion  preseure-drag  coefficient  and  center of pressure  with spanwbe 
position  and Mach number . Examination of figure 6( a) for Mz = 0.70 
Fndicates  that  the  pressure  drag,  initially high at  the  center  sectiona, 
decreases  rapidly  along  the  span.  It w i l l  be sham that  the  pressure 
drag  actually  becames  negative  near  the  tiB  under  some  conditions. 
The  reduction  of  the  peak  negative  preesure  near the leading  edge and 
the  rearward  shfft of the  negative-pressure  region  are  Fndicatiane  that 
the  pressure  drag  fncreases  at all epanwise stations  at  the  higher Mach 
nmbers. It can be seen  immediately  from  figure 6 that  the  center  of 
pressure  moves  forward  with  Fncreaslng  spanwise  position  at all Mach 
numbers,  and mve8 rearward  at all q a n w i s e  positions with increasing 
Mach  number. 

Integrated  Forces and Moment8 

The epanwiae lift, drag,  and  manent  dlstributions  given in sub- 
eequent  sections  represent the  forces  occurring  over ‘the airfoil  at a 
given  time and average  Mach  number (midapan Mach  number)  rather than 
at  the  same  local  Mach  number  for  each  section. The coefficients  are 
obtained by expressing the  forces  and  moments  obtained  from  the  pressure 
diatributione in terms  of  the  average  aynamic  preaeure  at  the  position 
of the  model. The relations  between  the  average  and  local Mach numbers 
are  given  in  figure 7. The variation in Mach  number  from  root to tip 
is of the  order of that  caused by the  presence of 8 slender fuselage. 

Lif’t characteristics.- The variatfon of section lift coefficient I s  
shown a8 a function  of  average Mach number in figure 8 for  each of the 
four  spanwise  statione.  The  variation  of  section  lift-curve  elope  along 
the  semispan  is shown in figure 9 for  eeveral  Mach  numbers from 0.75 to 
1.075. The  relative  spanwise  lift  distributions cz/C~ fur the same 
Mach  numbers are shown in figure Lo and were calculated from  the  section 
Ut-curve slopes of figure 9. The lift  distributions  show  little  change 
between  the  Mach  numbers  of 0 . 75 and 0.9 (fig? 10( a) ) . AB the  Mach num- 
ber I s  increaaed from 0.90 to 1.00 (fig, IO&)), 8 relative loss in uft 
occurs  over  the  outboard  sections of the wing a relatlve  increase Fn 
lift Over  the mi&-an sectiom. At the Mach rimer of 1.00, 8 BmsU 
relative loss in lift ie also  evidenced  near the w i n g  root. With a 
further  increase in Mach nmber f’rom 1.00 to 1.075 (fig. lO(c)) the ait- 
uation is reverse&. The outboard sectiom of the w i n g  show  relative 
increases in lift  while  the  more  inboard  sections show relative  losses 



in lift. The lift  distribution  for  the  Mach  number  of 1.075 is  almos-b 
uniform  acrose  the  wlng  semispan. 

The  experlmental  lift  distribution  for a Mach  number of 0.75 is 
compared in figure 11 nith  the  theoretical  distribution  calculated  by 
the  method of reference 4. The experimental and theoretical  lift 
distributiona  are  seen  to  agree  closely  except  very  near  the  root  where 
the  experimental  distribution  peaks  sharply.  This  local  disagreement 
between  theory  and eqeriment may relsult  either  from a slight  misaline- 
ment of the  end  plate  or  from  the  effect  of  the  airplane-rwing boundary 
layer. 

The  lateral  position of the  center of preslsde  expressed  as a 
fraction of the wing semispan  is shown as a f'unction of average  Mach 
number  in  figure 12. The variation of lateral  position of the  center 
of pressure  with  average  Mach  number  merely  reflects  the  changes in the 
spanwise lift distribution  discussed in connection  with  figure LO. The 
lateral  center of pressure waa constant  at 47 percent  semispan  for  Mach 
numbers  between 0.75 and 0.9, moved  inboard  slightly  at 8.Mach number 
of 1.0, and  moved  outboard  to 50 percent semispan at a Mach  number  of 
1.075. The theoretical  center of pressure  of  this w i n g  was calculated 
to  be  at 48 percent  semispan  at  low  Mach nmberB. 

Drag  characteristics.-  The  variation  of  section  pressure-drag 
coefficient along the semispan of the  model w i n g  is  shown in figure 13 
for  several  avera e Mach  numbers  between 0.75 and 1.075 and  for  angles 
of attack  from -1 to 4'. For  all  Mach  numbers and at all angles of 
attack  the  section  pressure-drag  coefficient  iB  seen to be a maximm 
at  the wing root and to  decrease  along  the  semispan.  For  Mach  numbers 
less than 1.00 the  pressure  drag K L ~ E  negative  near  the w i n g  tip. In 
general, as the.  Mach  number was increased.  from 0.75 to 1.00 there  was 
an increase in the  pressure  drag  at  the w i n g  root  and an increase in 
the  negative  pressure drag near  'the  wing  tip. It will be  shown  that 
at  least  for  angles  of  sttack up to 2O the  total  pressure  drag of the 
w i n g  remained  very  nearly  constant. A6 the Mach number was increased 
from 1.00 to 1.075 (fig. l3(b)) the  pressure-drag  coefficient remained 
nearly  constant  near  the  root  but  increased  rapidly at.the more  out- 
board  stations.  The  over-all  prelssure  drag of the w i n g ,  of course, 
increased  rapidly as the  Mach  number  exceeded 1.00. 

Q 

The  spanwise  pressure-drag  dietributions  measured  at an angle  of 
attack  of -1' (near  zero  lift)  and  Mach  numbers of 0.90 and 1.05 are 
compared in figure 14 with  theoretical  zero-lift  pressure-drag  distri- 
butions  calculated  by  the methods of references 5 and 6 .  The theoretical 
wing  had  the  same  plan form and thickness  ratio  as  the  eq?erimentalwing 
but wa8 assumed t o  have  parabolic-arc  airfoil  sections. At the  Mach 
number of 0.9 (fig.  l4(a)) the  theoretical  and  experimental  section 

. 
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pressure-drag  coefficients  show  stmi+r  variations  along  the  span and 
are  roughly of the  same  magnitude. At the  Mach nmber of 1.05 
(fig. 14(b)) the  theoretical and experimental value6 were in agreement 
only at  the  root;  over  the  outboard  section6  of  the wing the  elrperhental 
pressure-drag  coefficient TBE considerably  greater than the  theoretical 
value. The integrated  theoretical and experimental  values of the wing 
pressure-drag  coefficient at  the Mach number of 1.05 are O.OO@ and 
0.0147, respectively. 

The  over-all  pressure-drag  coefficient CD of  the  wing FB shown in 
figure 15 as a function of average Mach nmber for  several  angles of 
attack. It is seen  that  for  the  angles of attack  tested  the,values . 
of CD are  fairly camtant at  Mach  numbers  below  about 0.95 but  incrijase 
rapidly at higher  Mach  numbers. The value of CD of 0.002 measured  at 
the angles of  attack of -lo and 00 (essentially  zero lift) at  the  lower 
Mach  numbers.58  about  that  to  be  expected  ae  the  result of separation  at 
the l ow test  Reynolds number. The increase in CD above  the base value 
of 0.002 at 2' angle of attack  is  about that to be elrpected from the  
induced drag due to the  production of lift. However, at k0 angle of 
attack  the  Fncrease in CD is greater by about 0.004 than can be 
accounted for  by the  induced  drag, and must  result in part from an 
increase in profile  drag. 

Pitching-moment  characteristics.- The variation  of  the  section 
pitching  moment  with  position  along  the  semispan of the wing is shown 
inofigure 16 for a eerie6 of Mach numbers and for  angles of attack  from 
-I to 4'. The section  pitching-moment  coefficients  as  presented in 
figure 16 have  been  calculated  about an axis normal to the  plane of sym- 
metry and passing  through  the  center of area  of  the  semispan wing plan 
form. The over-all  wing  pitching-moment  characteristics  have  been' 
obtained,from the-data of figure 16 and are  presented as the  variation 

nlth average  Mach  nunber in figure 17. The parameter 
Of 2 2 
represents  the  longttudinal  position of the w i n g  aeroaynamic  center  ahead 
of the  center of area of the plan form expressed  as 8 fraction of the 
streamwise  chord. 

Comparison w i t h  force tests.-  Some o'f t h e  reeults  obtained from  the 

pressure  measurements of this  study  are  compared in figure 18 with the 
results of w b g - f l o w  force-test  measurement6  obtained on an identical 
wing model (reference 7). Inasmuch BE the  coefficients of the  force 
teste  were  based on the values of  the Qnamic pressure and Mach  number  at 
the w i n g  root,  the  coefficients  obtained from the  pressure  measurements 
are  also  expreEsed in these  terms in figure 18. 

I 
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The angles  of  zero  lift  measured  for  each of the 4 spanwise  stations 
are  seen  to  be in general  agreement  with  the  angle  of  zero  lift  obtained - 
from  the  force  tests  (fig. 18( a) ) , although  there  is a variation  in  the 
pressure  data o r  almost k O . 9  from  station to station.  Inasmuch  as  there 
is  no  reason  to exgectthe angle of zero  lift  to  vary  along  the  span of 
the  wing,  at  leaet  at  the  lower  Mach  numbers,  the  variations  which  were 
obtained-are assumed  to  be  of a random  nature. It is  felt  that  such 
random  variations  could  easily  arise  from small inaccuracies  incurred 
in the  positioning  of the wing-flow  model.  on  the  test  panel  from  flight 
to flight.  Although  the  absolute  value of the  angle of attack may be 
uncertain  by  almost. R E  much as +O. 9, there  is no reason  to  expect  that 
changes  in  angle  of  attack  were  not  measured  accurately.  Hence,  the 

aerodynamic  derivatives  such as F""d8 dCL and  the  relative  lift 

distributions , as  computed,  should  be  accurately  determined. 
In f igures lB(b) and IS( c)  it.  is  seen  that  the  values of 3 
ac da 

and e, respectively,  determined  from  the  pressure  meaeurements  and 
force  testB  are  in  substantial  agreement. 

In figure 18(d )  a comparison  is  given  of  the  variation  of  the  total 
drag  coefficient  (pressure  drag plus skin friction)  near  zero  lift with 
Mach  number  as  determined  from  the  pressure  measurements and the  force 
tests of reference 7. The  values of the  zero-lift  drag  coefficients 
obtained  from  the two sources  are in fair  agreement.  The  values of 
total drag coefficient  for  the  preseure  measurements  are  the  values of 
pressure-drag  coefficient CD far, a = -io . i n  figure 15 plue 0.006 to 
account  for  the  skin-friction  drag. 

Measurements  of  pressure  have  been mde over a 45O sweptback  semi- 
span w i n g  model  of 3.5 aspect  ratio  with  2-inch-chord NACA 65-210 
airfoil  sections normal to  the  leading  edge.  The  tests  were  conQucted 
by  the HACA wing-flow  method a; Mach  numbers  from  about 0.7 to 1.1 and 
angles  of  attack from -1' to -k at a nominal  Reynolds nmber of 
0.6 X lo6 based on the  chord in the  stream  direction. 

Little  change i n  the  spanwise  lift  distribution  was  found to occur 
at Mach  numbers  between 0.7 and 1.1. The  spanwise  center of load  WaB 
always  between 45 and 50 percent  semispan. 

The section  pressure-drag  coefficient-wae found to  be a maximum at 
the wing root and to  decrease  along  the span at  all  Mach  numbers. At I 



. 
8 Mach  number of 0.9 the experimental and theoretical  section  pressure- 
drag coefficients  ehmed  similar  variations along the span and were 
roughly of the same magnitude. A t  a Mach nmber of 1.05 agreement 
between the experimental end theoretical  section  pressure-drag  coeffi- 
cients was obtained only near  the w i n g  root; a t   the  more outboard stations 
the experimental drag coefficients were higher than the  theoretical. 

- 

C o m p a r i s o n  of the data of thlE investigation  with previouely pub- 
lished w i n g - f l o w  force-test measurements shared good agrement  for  the 
slopes of the wing lift and  pitching-moment curves and the  zero-lif t  
wing drag coeff ic ient   a t  all test Mach numbers (M = 0.75 t o  M = 1.075) 

b g l e y  Aeronautical kboratury 
National’  Advisory Committee for  Aeronautics 

langley  Field, Va. 
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Figure 3 .  - Typical flow conditions. 
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Figure 4.- Sketch of wing model mounted on t e a t  panel and table of 
orifice  locations. A l l  dimensions are i n  inches. 
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Figure 5.- Chordwise pressure distributions over w l n g  model showing 
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Figure 5.- Continued. 
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Figure 6.- Chordwise pressure distributions at various spanwise 
posit ions for several Mach numbers. 
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Ffgure 7" Relation between the average Mach number and the local Mach 
number at each measuring station. 
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Figure 8.- Variation of section Uft coefficient with average Mach number 
at selected angles of attack. 
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Figure 9.- spanwise variation of section lift-curve slope f o r  selected 
values of  average Mach number. 
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Figure 10.- Relative spanwise lift distributions for  several average 
Mach numbers. 
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Figure 11.- Comparison of experimental and theo re t i cd  span load 
distributions f o r  an average Mach number of 0.75. 
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Figure 12.- Variation of the position of  the lateral   center of pressure 
w i t h  average Mach  number. 
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Figure 13. - Spanwise variation of section  pressure-drag  coefficient f o r  
selected average Mach numbers and angles of attack. 
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Figure 14.- Comparison of experimental and theoretical spanwise drag 
distributions at zero lift. 
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Figure 15.- Variation of wing prbssure-drag coefficient with Mach number 
for several angles o f  attack. 
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Figure 16.- §panwise variation of  section pitching-moment  coefficient 
for selected Mach numbers and angles of attack. 
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Figure 18.- Concluded. 
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